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ABSTRACT 

In recent years the shock tunnel has found increasing applica-
tion in hypersonic research. The early problems associated with 
this unconventional wind tunnel have been solved, enabling its 
advantages to be exploited. In this paper the development of 
the shock tunnel, its present capabilities and future prospects 
are reviewed and discussed. 

The ability of the shock tunnel to produce air flows at stag-
nation temperatures and pressures associated with hypersonic 
flight has been well established. The chief difficulty associ-
ated with this type of tunnel has been the very short (milli-
second) testing time. The "tailored-interface" technique has 
significantly increased the available testing time in a shock tunnel 
This testing time extension, plus the development of effective 
rapid response instrumentation, now permits the accurate meas-
urement of pressures, forces, and heat transfer rates. The 
hypersonic shock tunnel in its present form is capable of dup-
licating re-entry flight conditions for various hypersonic ve-
hicles over an important area of the re-entry flight corridor. 
However, complete duplication over the entire range of interest 
for re-entry flight cannot be obtained with present shock tunnels. 
For some regions it is necessary to resort to the techniques of 
partial simulation. However, the flexibility of the shock tunnel 
operation permits a wide range of simulation conditions to be 
studied. 
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been prepared under sponsorship of the USAF Office of Scientific 
Research, Mechanics Division, Contract no. AF^9(638)-952. 
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In its present form the shock tunnel has exceeded initial ex-
pectations regarding "both range of performance and scope of 
testing. This success has encouraged studies which indicate 
that significant further developments of a shock tunnel are 
possible. In particular, exploratory experiments have demon-
strated the usefulness of the shock tunnel for the investigation 
of hypervelocity rarefied-gas flows associated with the re-entry 
of manned vehicles. To fully exploit the potential of the shock 
tunnel for this type of research, extremely large-size test sec-
tions have been shown to be both required and feasible, thus 
making available the advantages of nearly full scale testing 
within the laboratory. In addition, anticipated developments 
in the technique of operation indicate the possibility of ex-
tending the range of complete flight duplication so that nearly 
the entire range of critical flight re-entry can be conveniently 
studied. 

INTRODUCTION 

The ability of the conventional shock tube to generate short 
duration flows of known thermodynamic state at high enthalpy 
levels was demonstrated approximately ten years ago by the work 
of the groups directed by Kantrowitz at Cornell University 
(Ref. 1) and by La Porte at the University of Michigan (Ref. 2). 
This capability led to the concept of modifying a shock tube to 
generate high enthalpy hypersonic flows (Ref. 3) . In its earli-
est form, the modification involved the addition of a diverging 
nozzle to the end of a conventional shock tube, so that the 
supersonic flow generated behind the shock wave could be expand-
ed to higher Mach numbers. This modified shock tube, termed 
the shock tunnel, offered a technique for obtaining hypersonic 
flows within the laboratory with enthalpy levels appropriate to 
hypersonic flight. Although the testing times that could be 
achieved were brief (on the order of milliseconds), the flexi-
bility and convenience of this device made it an attractive re-
search tool. Hence, the Cornell Aeronautical Laboratory, Inc. 
began to develop the potential of the shock tunnel. 

The authors of the present paper review the development of 
the shock tunnel, discuss the simulation capabilities of shock 
tunnels and treat the nonequilibrium phenomena in hypersonic 
nozzle flows. In addition, consideration will be given to 
future developments of the shock tunnel which extend its use-
fulness for the study of the hypersonic aerodynamics associated 
with manned re-entry vehicles. 

The basic theory and techniques of operation of shock tubes 
and shock tunnels have been extensively reported in the litera-
ture (Refs. k, 5 and 6) and will not be discussed here. 
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Furthermore, it is beyond the scope of this paper to review the 
diversified applications of the shock tube and its modifications 
in current research activities not related to hypersonic flow. 
The literature relating to the use of the shock tube and shock 
tunnel in hypersonic research has proliferated extensively in 
recent years, attesting to their widespread use (Refs. 7-1*0· 
Although only the application of shock tunnels to hypersonic 
flow research will be described herein, much of the discussion 
of tunnel performance, simulation requirements and nonequili-
brium effects is applicable to hypersonic facilities in general. 
The material contained in this paper may also be found in Ref. 
15, which includes in addition a detailed discussion of instru-
mentation and research techniques and results of recent research 
investigations in the CAL shock tunnels. 

REVIEW OF SHOCK TUNNEL DEVELOPMENT 

Exploratory Experiments 

The original shock tunnel studies at CAL were chiefly con-
cerned with the gasdynamlc processes involved in terminating the 
end of a conventional shock tube with a diverging nozzle. Ex-
amination of the wave processes following the passage of a shock 
wave from the shock tube into the expanding nozzle indicated 
that after a brief period of nonsteady wave motion, steady flow 
would be established. However, for area ratios required to pro-
duce nozzle flow Mach numbers in excess of k, the steady flow 
time available from a shock tube of convenient length was less 
than that required for the establishment of steady flow. Further 
study showed that by separating the end of a shock tube from 
the nozzle with a thin diaphragm and by pre-evacuating the noz-
zle, the time involved in the starting process was small com-
pared to the available testing time. (Ref. l6). 

In these early studies it was realized that in order to pro-
vide a convenient means of varying the test Mach number and to 
accommodate the large area ratios required for hypersonic flows, 
a multiple-expansion nozzle was desirable. A two-stage nozzle 
was developed in which the flow first expanded to about Mach k 
and then the central core further expanded to hypersonic Mach 
numbers. This arrangement allowed the choice of a shock tube 
of convenient dimensions independent of nozzle size, and also 
improved the test section flow by partially eliminating the 
boundary layer generated in the shock tube and in the first ex-
pansion nozzle. 

These experiments were perfomed using helium as the driver 
gas. However, a helium driver could not produce the strong shock 
waves necessary to obtain the enthalpies typical of hypersonic 
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flight. Even room temperature hydrogen required pressure levels 
beyond the techniques then available. Consequently, other avail-
able methods for the generation of strong shock waves (Ref. l) 
were examined. Accordingly the use of constant-volume combustion 
as originally suggested in Ref. 1 was adopted. Studies with a 
variety of combustible driver mixtures indicated that one of the 
most effective was a stoichiometric mixture of oxygen and hydro-
gen diluted with an optimum amount of helium (Ref. 17). This 
particular driver mixture has since been widely adopted for 
shock tube and gun tunnel use. Operating with this mixture, it 
was possible to generate at convenient pressure ratios the re-
quired shock strengths. In addition, it was found that unusually 
high shock strengths could be achieved by allowing the diaphragm 
to rupture before complete combustion (i.e., the so-called con-
stant-pressure technique given in Ref. 18). 

Early Tunnel Development 

A shock tunnel was fabricated which embodied the foregoing 
features and a study of the hypersonic flows produced in this 
tunnel was initiated.^ At this time the available instrumenta-
tion techniques were limited; in particular, the fast response 
techniques of measurement required for the relatively low density 
flows in the nozzle were practically nonexistent. Therefore 
these early experiments were confined to schlieren observation. 
However, it was observed that, with this prototype shock tunnel, 
Mach numbers of approximately 10.and stagnation temperatures of 
about 6000 Κ were obtained. Hence it was felt that the ability 
of the shock tunnel to develop high enthalpy hypersonic flows 
was established, and further research to develop instrumentation 
to utilize these flows for research was undertaken. This pro-
gram, which is briefly described later in this section and is 
discussed in detail in Refs. 15 and 19, resulted in the develop-
ment of a reliable technique for heat transfer measurement with 
microsecond response based on a thin film resistance thermometer. 
This heat transfer gage provided the first method of detailed 
examination of the flow properties in the test section. 

Utilizing this new heat transfer technique, the character of 
the flow in the test section was carefully studied. The heat 
transfer records revealed that even after the tunnel had started, 
there were continuous systematic changes in heat transfer rates 
during the testing period as well as undesirable scatter in the 
data. This was particularly true when the constant-pressure 
combination technique was used. More detailed examination by 
schlieren and heat transfer measurements revealed that the flow 

i*This study and tunnel development were sponsored by the U.S. 
Air Force Arnold Engineering Development Center, Contract no. 
AF 4o(6oo)-6. 
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generated with this type of combustion was of relatively poor 
quality when compared to that obtained using pure gas drivers, 
such as helium or hydrogen. In particular, shock wave attenua-
tion was extremely severe. Constant-pressure combustion was 
then abandoned in favor of the more conventional constant-vol-
ume method. However, the quality of the flow as indicated by 
the heat transfer records was still poor. The attenuation of 
the shock wave, even with cons tant-volume combustion, caused a 
continuous change in the flow properties of the air entering the 
nozzle. Techniques were developed to correct the data for the 
nonsteady character of the flow (Ref. 20), but the data reduction 
was cumbersome. 

In addition to the foregoing problem, shock attenuation so 
reduced the effective performance of the shock tunnel that the 
advantage of operating with combustion at high pressures was 
often destroyed. For example, a shock strength of approximately 
10 is required for the simulation of flow velocities of 15,000 
fps, using a diverging nozzle. Attenuation of 20$ in shock 
strength at this Mach number, which was often exceeded with com-
bustion or even a pure gas driver (Refs. 17 and 21), is equiva-
lent to reduction of effective driver pressure by about a factor 
of 2. Indeed, it was realized that the problems caused by at-
tenuation were perhaps the most severe limitation in the use and 
development of the shock tunnel as a hypersonic facility. 

Another difficulty was encountered when it was observed that 
small dust particles or diaphragm fragments could lead to flow 
disturbances in the vicinity of a blunt body increasing the dif-
ficulty in the interpretation of the data (Ref. 10). Since these 
fragments were accelerated to high velocity by the test flow, 
severe damage resulted to the test model. In particular, the 
abrasive effect of these particles would damage heat transfer 
gages so that it was necessary, in general, to replace the 
model after each run. 

Development of Present Operating Techniques 

At the conclusion of these early studies it was realized that 
the attainment of the promised advantages of the shock tunnel 
would require significantly more development. The problems 
which had been revealed were critically re-examined. It was 
evident that drastic modifications would be required in the 
technique of operation to achieve reliable and useful data. 

The flow produced by combustion drivers was deemed especially 
unsuitable for high quality perforaance· It was clear that com-
bustion techniques could be improved; however, it was considered 
doubtful that the reliability would ever duplicate that obtained 
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with pure gas drivers. Examination of techniques which had be-
come common practice in the chemical industry indicated that 
hydrogen pressure operation at 30,000 psi was prevalent and 
that pressures up to 60,000 psi were possible (Ref. 22). With 
the availability of pressures of this magnitude, it was decided 
to abandon the use of combustion in favor of high pressure pure 
gas drivers. 

In addition to the improvement of flow quality, it was desir-
able to increase the testing time by gasdynamic means. A study 
of more sophisticated shock tunnel designs showed that increases 
in testing time of an order of magnitude could be obtained. Such 
a large increase in testing time would permit the use of a short-
er shock tube giving the same or longer test periods relatively 
free of attenuation effects. In this modification of the basic 
shock tube, the incident shock wave was reflected at the down-
stream end of the shock tube and the conditions of the driver 
and driven gas at the interface were matched ("tailored") to 
avoid additional waves from the interaction of the reflected 
shock and the interface. The wave diagram for this configura-
tion is shown in Fig. 1 and the testing time improvements avail-
able with this modification are shown in Fig. 2. A detailed dis-
cussion of the tailored-interface shock tunnel operation is 
given in Ref. 23· The tailoring conditions for helium and hy-
drogen driver gases are presented there as well as the corres-
ponding test-section flow conditions. Reference 23 also con-
tains a discussion of a number of gasdynamic effects that have 
important bearing on the design and performance of shock tunnels 
and warrant special consideration. 

In order to exploit the advantages of tailored-interface op-
eration and to take advantage of the availability of high pres-
sure operating techniques, new driver and driven sections were 
fabricated capable of safe operation at pressures up to 2000 
atm.5 The driver tube was l4-ft long with a 3-1/2 in. inner 
diam; the driven section, initially l4-ft long and later extend-
ed to 28 ft, had a 3-in. inner diam. Located at the downstream 
end of the driven tube was a converging-diverging nozzle having 
a contraction ratio of approximately 1 9 : 1 , sufficient to insure 
essentially complete reflection of the incident shock wave. The 
divergent portion of this nozzle provided a two-stage bilateral 
expansion. An initia] expansion in the horizontal plane ended 
in a 1-1/2 χ 12-1 /4 in. cross section whereas a second expansion 
of 15.4 deg half angle in the vertical plane terminated in a test 
section dimension of 11 χ 15 in. The opening of the second noz-
zle was made variable in order to conveniently change the test 

5The tailored-interface shock tunnel development was sponsored 
by the U.S. Air Force Office of Scientific Research, Contract no. 
AF 18(603)-10. 
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section Mach number and was smaller than the exit of the pri-
mary nozzle in order to provide for significant boundary layer 
bleed. 

The first experiments carried out in the tailored-interface 
shock tunnel were aimed at verifying the predicted tailoring 
conditions. From these tests, pressure histories were record-
ed at several stations along the driven tube. These measure-
ments showed a relatively constant pressure behind the reflect-
ed shock wave for a period of about k millisec. Indeed, the 
deviations in stagnation pressure during the useful period of 
a test was usually less than 2$· Also, it was observed that 
with shock Mach numbers differing from those theoretically pre-
dicted for tailoring, records of the same quality were obtained. 
Operation at Mach numbers differing from those calculated for 
tailoring is called "equilibrium-interface" operation as de-
scribed in Ref. 6. In this latter technique of operation, it 
has been observed that when the deviation for the theoretically 
predicted tailoring Mach number is not too large, an equilibrium 
condition is rapidly established with the nozzle stagnation 
pressure remaining almost constant. If the shock Mach number 
is higher than that required for tailoring, somewhat higher 
temperatures at a somewhat lower pressure are obtained during 
the useful part of the run for a given driver pressure. If the 
shock Mach number is less than that predicted for tailoring, 
the stagnation temperature is reduced, but a certain degree of 
pressure amplification is obtained. These results indicated 
that small departure from ideal tailoring conditions do not 
impair the benefits of tailored-interface operation. In the 
remainder of this paper the term "tailored-interface" will be 
used to describe conditions of operation in which deviations 
from ideal tailored condition are not deemed significant. 

Examination of the heat transfer records under tailored con-
ditions indicated data of much higher quality than previously 
obtained. However, the particle damage problem still remained 
severe, necessitating frequent model replacement. To avoid 
this particle damage, a simple deflection nozzle was inserted 
between the two expansion nozzles (Ref. 2k). The deflector 
section consisted of a two-dimensional wedge spanning the en-
tire width of the flow and mounted at a negative angle of at-
tack. The flow passing below the wedge turns upward 1 0 deg 
through a Prandtl-Meyer expansion wave. The terminal nozzle 
and test section were then mounted behind the wedge, also at 
1 0 deg inclination. The entrance of this nozzle was thus ef-
fectively shielded from diaphragm particles which were complete-
ly centrifuged out of the flow. With this modification, no 
further particle damage to models has been observed. 
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At the time the deflection nozzle was added, techniques for 
measurement of the low pressures attained in hypersonic nozzle 
flows had become available. With the realization of both pitot 
and static pressure measurements, further detailed flow calibra-
tion of the shock tunnel was possible. The calibration reveal-
ed that additional modifications to the ducting system were re-
quired to improve the bypassed air flow. Upon completion of 
these modifications, calibration of the test section flow with 
both pressure and heat transfer instrumentation showed that the 
shock tunnel produced hypersonic air flows of good quality in 
the Mach number range 8 to 13 using helium driver gas. 

However, during the early experiments with hydrogen as the 
driver gas and a l4-ft driven tube, it was found that the avail-
able testing time was very short. The heat transfer data ex-
hibited more scatter than observed in the tests using a helium 
driver gas. For the hydrogen-driver experiments, from 75 to 
100$ of the available air was theoretically utilized during the 
useful test flow. Thus mixing or combustion at the hydrogen-
air interface reduced the available testing time. To avoid 
such effects, the driven tube was lengthened to 28 ft, thus 
doubling the amount of test air available. A considerable im-
provement was observed in the data obtained from subsequent 
hydrogen driver-gas experiments and the data approached the 
quality of the helium runs. It was also noted that heat trans-
fer experiments with a helium driver gas gave identical data 
for the 14- and 28-ft driven tubes even though 60$ of the avail-
able air was utilized in the first case and only 30$ in the 
second. This result indicates that helium-air interface mixing 
affects less than 40$ of the air under the present operating 
conditions. 

At this stage of its development, the CAL tailored-interface 
shock tunnel had attained the status of a useful research facil-
ity. Operation of the 11 χ 15-in. tunnel was now possible with 
helium or hydrogen driver gases at tunnel stagnation pressures 
up to 2000 atm. Flow velocities from 6500 to 10,500 fps could 
be produced with stagnation temperatures ranging from l800 to 
4200 K. For these conditions, the useful testing times ranged 
from 6-I/2 millisec at l800 Κ to 3-1/2 millisec at 4200 Κ using 
the 28-ft driven tube. 

Present CAL Shock Tunnels 

In view of the success of the 11 χ 15-in. shock tunnel, a 
larger shock tunnel was constructed incorporating many of the 
features discussed in the foregoing. This tunnel, which shall 
be referred to as the 48-in. hypersonic shock tunnel, and is 
operated by the Applied Hypersonic Research Department of CAL, 
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was built for research and developmental testing (Ref. 25). The 
tunnel has a driver tube 40-ft long, 20 ft of which can be heat-
ed, and a driven tube 50-ft long. Both tubes have 8-in , in-
ner diameters. The stagnation temperature range is from approxi-
mately 1000 to kOOO K. Helium is used as the driver gas and is 
either mixed with air, used pure, or heated to obtain tailored-
interface conditions over the range of stagnation temperatures 
indicated. The flow Mach number range available is approximately 
6 to l8 at stagnation pressures up to 6000 psi. The test sec-
tion utilizes a 24-in. diam, 10.5 deg half angle, conical nozzle 
for studies requiring a wide range of Mach numbers (8 to 18) . 
Contoured nozzles to obtain rectified flow are available for 
Mach 8 (2k-in. diam) or Mach l 6 (48-in. diam). These nozzles 
can be operated also at Mach 6 and Ik, respectively, by install-
ing a larger throat. It is interesting to note that this 48-
in. contoured nozzle was constructed of steel in the throat 
region and of fiberglas in the rectifying region.6 

The 1 1 χ 15-in. shock tunnel has been rebuilt recently to 
take full advantage of its high pressure operational capability. 
The changes have included a new heated driver capable of heating 
hydrogen to 750 F and a new nozzle having a 6-ft diam test sec-
tion. The new nozzle contains two expansion stages and a flow 
turning section similar to the 1 1 χ 15-in. tunnel. The primary 
difference is the second-stage expansion which is a conical noz-
zle of fiberglas construction. This tunnel, which will be re-
ferred to as the 6-ft shock tunnel (Refs. 26 and 27) is describ-
ed in more detail later in the pamper. 

Instrumentation Techniques 

The collection of accurate data under high temperature, high 
velocity and millisecond-long test conditions imposes special 
requirements on the measuring and recording instruments. Cathode-
ray-tube oscilloscopes have been available since the conception 
of the shock tunnel, so that lack of recording instrumentation 
has never been a problem. On the other hand, during the early 
years of the shock tunnel, adequate measuring instrumentation 
did not exist. It was necessary to devote a considerable effort 
to instrumentation development concurrent with the shock tunnel 
program in order to realize the potentiality of this tunnel as 
a research tool. In 1953, a CAL-sponsored research program was 
undertaken to investigate the feasibility of instrumenting models 
for testing in a hypersonic shock tunnel. It was concluded from 
this study that suitable techniques could be developed for meas-
uring forces, pressures and heat transfer rates. In particular, 

^Fiberglas laminate is a convenient method of nozzle fabrica-
tion for short duration wind tunnels that do not experience large 
wall temperatures during the brief flow times. 
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it was decided that force and heat transfer instrumentation were 
in the greatest need of development. Some commercial pressure 
transducers already appeared promising, and further development 
of pressure instrumentation was being carried on by several com-
panies. As a result of the conclusions reached in this study, 
the U.S. Air Force, through the Weight Air Development Center,7 
sponsored a program to develop force and heat transfer instru-
mentation. This program produced a successful accelerometer 
force balance and the widely used thin film resistance thermo-
meter for heat transfer measurements (Ref. 19). In recent years, 
further instrumentation development has been performed as an in-
ternal research program. This development has produced small 
sensitive piezoelectric-crystal pressure transducers, strain-
gage and piezoelectric-crystal force balances, and a dynamic 
stability testing technique. 

The specific techniques and instrumentation currently used 
in the shock tunnels are described in Ref. 15 and 27· It may 
be noted here that the instrumentation development had advanced 
to the status where the shock tunnel is capable of many types 
of aerodynamic studies requiring force, pressure, heat transfer, 
and static or dynamic stability measurements. Future develop-
ments should serve to extend the range of application and con-
venience of use of the present instrumentation. 

Research Applications 

The authors next enumerate several research studies that have 
been conducted in the 11 χ 15-in. shock tunnel in order to il-
lustrate briefly the application of this tunnel to hypersonic 
research. In addition to the research performed in this tunnel, 
a variety of research and development programs have been con-
ducted in the 48-in. shock tunnel. These include pressure, 
force, dynamic stability and heat transfer experiments on var-
ious hypersonic aircraft and missiles. The research investiga-
tions mentioned here are a study of hypersonic airflow over 
sharp and blunt flat plates, an investigation of laminar heat 
transfer to a slender cone including the effects of yaw and 
nose bluntness, and measurements of stagnation point heat trans-
fer at low Reynolds numbers. 

Q 

A comprehensive study of hypersonic airflow over sharp and 
blunt flat plates has been conducted in the shock tunnel. The 
purpose was to investigate the effects of leading edge bluntness 

fContract no. AF33 (6 l6) -2387. 
ÖThe experimental program, including a portion of the ac-

companying similitude study, was performed under the sponsorship 
of the Air Force Office of Scientific Research, Contract no. 
AFl8(603)-10. 
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and boundary layer displacement on the viscous and inviscid 
characteristics of the flow. The study entailed measurement 
of surface heat transfer and pressure distributions, as well as 
schlieren measurement of shock wave shapes, under essentially 
ideal gas conditions but with low wall to stagnation tempera-
ture ratios. Advantage was taken of the available wide range 
in tunnel stagnation pressures to encompass the limiting cases 
of dominant bluntness and dominant viscous interaction. The 
results have been reported in Refs.28-30· 

Another recent research investigation is a study9 of laminar 
heat transfer to a slender cone including the effects of yaw 
and nose bluntness. In this program a 5 deg half angle cone 
was tested over a Mach number range from 11 to 1 3 , a free stream 
Reynolds number range from 2 χ 1θ5 to 2 χ 10" per ft at essential-
ly ideal gas conditions. The sharp cone was yawed up to Ik deg 
and circumferential heat transfer distributions were obtained. 
In the blunt cone experiments data were obtained at axial posi-
tions from 1.75 to 112 nose-diameters downstream of the nose. 
The zero-yaw tests with the sharp cone indicated that fairly 
good agreement between experiment and theory was obtained when 
boundary layer displacement and transverse curvature effects 
were included in the theoretical calculations. This investi-
gation has been reported in Ref.31· 

A third study10conducted in the 11 χ 15-in. shock tunnel in-
vestigated stagnation point heat transfer in low density air-
flows. Both two-dimensional (transverse cylinder) and axisym-
metric (hemisphere cylinder) models were tested. The results 
obtained in these experiments showed good agreement with theo-
retical predictions down to Reynolds numbers of about 10 behind 
the bow shock wave. In addition to providing useful data in 
rarefied hypersonic airflows, the capability of the shock tunnel 
as a low density research facility was demonstrated. Consequent-
ly, a fuller investigation of the application of the shock tunnel 
to research studies of rarefied gasdynamic phenomena at hyper-
sonic speeds was undertaken. This work is discussed in Refs. 
32 and 33· 

These studies typify the type of research recently undertaken 
in the 11 χ 15-in. shock tunnel. In the next section considera-
tion is given to the capability of a shock tunnel in duplicating 
hypersonic flight conditions and to the importance of scale ef-
fects. Nonequilibrium effects on tunnel simulation and in 

9Sponsored by the Air Force Aeronautical Research Laboratory, 
Contract no. AF 33(6l6)-6025. 

lOsponsored by the Air Force Aeronautical Research Laboratory, 
Contract no. AF 33(6l6)-6025, and the Navy Office of Naval Re-
search, Contract no. Nonr 2653(00). 
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hypersonic nozzle flows are discussed and the future develop-
ment of the shock tunnel is considered. 

SHOCK TUNNEL SIMULATION" CAPABILITIES 

The purpose of the following discussion is to describe the 
requirements for duplicating or simulating hypersonic flight 
phenomena, and to relate the performance capabilities of the 
shock tunnel to the simulation requirements. It is important 
that the difference between duplication and simulation be de-
lineated. Duplication of flight conditions requires that the 
flight velocity and the ambient free stream conditions of pres-
sure , temperature, density and gas composition be identically 
matched and that the model and flight vehicle be of identical 
geometry and size. Simulation refers to testing wherein not 
all of the flight conditions are duplicated. 

Duplication of Ambient Flow Conditions 

The capability for simulating flight conditions is of prime 
importance in any wind tunnel. Mach number, Reynolds number 
and specific heat ratio are dimensionless variables of major 
significance in flight simulation and are commonly used to as-
sess wind tunnel performance. However, many phenomena occurr-
ing in hypersonic flight require virtually complete duplication. 
This is the case, for example, when studying equilibrium and 
nonequilibrium real-gas effects, radiation phenomena and the 
interaction of electromagnetic radiation with an ionized gas. 
These phenomena will be discussed later. 

The difficulties in duplicating ambient flow conditions at 
hypersonic speeds are clearly seen in Fig. 3. This figure is an 
altitude-velocity map in which are shown the wind tunnel stagna-
tion or reservoir pressures and temperatures-^ necessary for 
duplicating flight conditions assuming an isentropic expansion 
of real air in thermochemical equilibrium. The "corridor of 
continuous flight" (Ref. 3^) is also indicated (shaded area) 
because it represents the flight conditions likely to be en-
countered by a manned hypersonic vehicle. It is widely appreci-
ated that duplication of hypersonic velocities in a wind tunnel 
requires stagnation temperatures up to 12,000 K. A less-publiciz-
ed fact is that very high stagnation pressures are also required. 
For example, duplication of flight conditions below 200,000 ft 
altitude requires a stagnation pressure greater than 1000 atm 
at a velocity of 15,000 fps and greater than 20,000 atm at 
20,000 fps. 

Hin the shock tunnel the conditions behind the reflected 
shock wave are the stagnation conditions or reservoir conditions 
for the flow through the nozzle. 
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The perfoimance of a tailored-interface shock tunnel can be 
related easily to the duplication requirements for hypersonic 
flight. This has been done in Fig. 3 for the following opera-
ting conditions: He/Air tailoring 1 2

 at an incident shock 
Mach number M s = 3·8; H^Air tailoring

12 at M s = 6 . 2 ; and 750 F 
H2 tailoring with room-tempe rature air at M s = 10.5· These 
conditions give test-section velocities of about 6500, 10,500 
and 17,500 fps, respectively. The last condition is the design 
point of a new heated-hydrogen driver recently installed at 
CAL. This driver is similar to the heated-helium driver de-
veloped for the 48-in. hypersonic shock tunnel (Ref. 25)· Op-
eration at shock Mach numbers above 10 .5 to obtain flow veloci-
ties greater than 17,500 fps, can be accomplished by using the 
equilibrium-interface concept (Refs. 6 and 35) > by providing 
more driver-gas heating, or by utilizing the double driver or 
buffered-shock-tube technique (Refs. 36 -38 ) . The lower limit 
on altitude duplication is determined by the maximum stagnation 
pressure capability. This is 2000 atm for the 1 1 χ 15-in. and 
6-ft shock tunnels and 400 atm for the 48-in. hypersonic shock 
tunnel. The 2000 atm and M s = 1 0 . 5 limits are shown in Fig. 5 , 
cross-hatched Une. This defines the flight duplication capa-
bility of the 6-ft shock tunnel which extends from sea level at 
650O fps to an altitude of 230,000 ft at 17,500 fps. Altitudes 
below the 2000 atm pressure line are beyond the duplication 
capabilities of this tunnel, and simulation techniques must be 
employed. 

Simulation Techniques 

There are few facilities that can completely duplicate both 
scale and ambient flow conditions over an extended portion of 
the flight corridor indicated in Fig. 3· Consequently, simula-
tion is the rule rather than the exception in wind tunnel test-
ing. For example, under certain conditions flight Reynolds 
numbers can be obtained by testing scale models at high density 
levels, and hypersonic Mach numbers can be readily obtained 
using helium rather than air as the test gas because high stag-
nation temperatures are not required to prevent condensation 
(Ref. 39)· Also the shock tube has been used to measure stag-
nation point heat transfer at hypervelocities (Refs. 1 1 and kO) 
even though the flow Mach number is less than 3 . This is per-
missible because of the Mach number independence of blunt body 
flows (Ref. 4 1 ) . 

Simulation is the technique of duplicating only the dimension-
less parameters or flow conditions most intimately associated 
with the phenomenon being studied. For example, in boundary 
layer flows, Reynolds number is generally of prime importance; 

l^These two cases are for driver (He or H2) and driven (Air) 
gases at room temperatures. 
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in force and pressure measurements, generally the hypersonic 
similarity parameter Ua (where α is the thickness ratio or 
angle of attack) is the governing variable; and in viscous in-
teractions, the important parameter is a combination of Mach 
number and Reynolds number, x=M^/y/Rê. Thus each experiment 
requires an analysis of the flow phenomenon to determine the 
important parameters or conditions requiring duplication. 

Mach number duplication can be obtained in a shock tunnel 
without the use of extremely high stagnation temperatures. For 
example, a Mach number of 15 can be obtained with a stagnation 
temperature of 2000 Κ by expanding the air to an ambient tem-
perature of 50 K, as illustrated in Fig. 4. Likewise, Mach 23 
can be obtained with a stagnation temperature of 4-000 Κ· In 
contrast to Mach number duplication, however, velocity duplica-
tion requires much higher stagnation temperatures. To produce 
velocities of 15,000 and 23,000 fps requires stagnation tem-
peratures of about 7000 and 12,000 K, respectively, as illustrat-
ed in Fig. 3· 

Operation at a given stagnation temperature, or more precisely 
stagnation enthalpy, essentially fixes the test flow velocity in 
hypersonic tunnels. However, a wide range of flow Mach numbers 
are available because the nozzle area ratio can be varied by 
orders of magnitude. In Fig. k the nozzle area ratio for equili-
brium flow is plotted as a function of Mach number for various 
stagnation temperatures and a stagnation pressure of 1000 atm. 
Along each curve the ambient temperature varies from 300 to 
50 K. The shaded area indicates the region of duplication of 
flight conditions and corresponds to an ambient temperature be-
tween 200 and 300 K, the nominal temperature range of the at-
mosphere. The condensation limit has been conservatively taken 
as 50 Κ, although it is realized that condensation is pressure 
dependent and may occur at lower temperatures. 

It is clear from the high stagnation pressures indicated in 
Fig. 3 that with small scale models duplication of flight 
Reynolds numbers at hypersonic speeds can rarely be achieved 
by operating at above-ambient density levels and expanding to 
the correct ambient temperature. However, a wide variation in 
Reynolds number can be obtained, even with a limited stagnation 
pressure capability, by controlling the degree of flow expansion. 
This is quite analogous to the nozzle area ratio-Mach number 
relationship shown in Figure 4. For example, high Reynolds 
numbers can be obtained by testing at low stagnation tempera-
tures and low Mach numbers. This is illustrated in Fig. 5> 
which presents Reynolds number per foot for equilibrium flow 
as a function of Mach number for various stagnation tempera-
tures and a stagnation pressure of 1000 atm. Similar to Fig* 4, 
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the region of duplication of flight conditions is taken as 200 Κ 
OT^^OO K. Of course, the usual relation between pressure or 
density level and Reynolds number is also available for varying 
the Reynolds number. However, it will be shown in the next 
section that this is of limited value in hypersonic tunnels be-
cause of nonequilibrium phenomena in the nozzle flow. In gen-
eral, it is necessary to operate at high stagnation pressures 
to avoid or minimize thermochemical nonequilibrium. This pres-
sure dependence of nonequilibrium effects can be a severe limita-
tion to low density, low Reynolds number research at hypersonic 
velocities. It appears that the best way to obtain a wide range 
of Reynolds numbers in hypersonic flows is to operate at high 
stagnation pressures and to vary the stagnation temperature and 
flow Mach number. Thus, high Reynolds numbers can be obtained 
with a low stagnation temperature and low flow Mach number. 
Conversely, low Reynolds numbers require high stagnation tem-
peratures and high flow Mach numbers. 

The foregoing discussion has shown that stagnation pressure 
capability is a limiting factor in obtaining hypersonic flight 
duplication. With this limitation in mind, procedures for ob-
taining a wide range of Mach numbers and Reynolds numbers have 
been considered. In all cases, however, duplication of flight 
velocity essentially requires stagnation enthalpy duplication. 

This is easily seen from the energy equation H 0 = H o o + —u^ ) by not-
ing that at hypersonic Mach numbers the ambient enthalpy is 
small compared with the total enthalpy. Simulation of various 
other flow conditions, when the required stagnation pressure 
for duplication cannot be achieved, can be summarized as follows: 

1) Velocity and ambient pressure or density can be duplicated 
jointly by expanding from a slightly higher than flight total en-
thalpy to a Mach number lower than in flight and an ambient tem-
perature greater than in flight. 

2) Velocity and Mach number can be obtained simultaneously 
by expanding from the exact stagnation enthalpy to the correct 
ambient temperature. The resulting ambient pressure and density 
will be lower than in flight. 

3) Mach number and ambient density simulation require use 
of a low total enthalpy and expansion to a very low static tem-
perature, near the condensation limit. The velocity and ambient 
pressure will be fractions of the flight values. 

k) Unit Reynolds number simulation with duplicated ambient 
temperature requires expansion from a lower total enthalpy to 
the correct product of the velocity and density. This will 
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mean a moderate Mach number and velocity and a higher ambient 
pressure and density. 

These considerations, which apply to any wind tunnel and are 
not restricted to shock tunnels, will be illustrated with the 
following example. 

The flight condition to be simulated is taken as a velocity 
of 21,500 fps at 60,000 ft altitude, an extreme condition. The 
specific flight conditions are 

U^- 21,500 fps h = 60,000 ft 

= 22.09 = 0.07137 atm 

1^= 216.7 Κ Poo = 2· 256 x 10"^ slugs/ft3 

H 0 = 2.335 x 1 0 8 ft-lb/slug S J R ~ 25Λ2 

To completely duplicate this flight condition would be im-
possible since the required stagnation pressure would be greater 
than 10^ atm.-** 3 It is possible, however, to simulate various 
parameters of this flight condition. This is illustrated in 
Table 1 for a wind tunnel having a stagnation pressure capability 
of 2000 atm. The air is assumed to be in thermodynamic equili-
brium in all cases. Note that in the third case, duplication 
of Mach number and density, the ambient test section tempera-
ture is 6.5 K. It is most likely that air liquefaction would 
occur in such an expansion. Hence, the specified Mach number 
and density combination cannot be properly duplicated with a 
stagnation pressure limit of 2000 atm. 

It is evident that simulation techniques permit the attain-
ment of a wide range of flow conditions even when operating at 
a single stagnation pressure. However, application of these 
techniques to obtain test results that can be related to flight 
conditions requires a sophisticated knowledge of the flow 
phenomena being studied so that the proper parameters are dupli-
cated. Also, the state of the gas after expansion through the 
nozzle must be known, and nonequilibrium effects should be 
avoided or minimized. 

Effects of High Temperature Phenomena on Simulation 

The difficulties of completely duplicating hypersonic flight 
conditions have been described and are illustrated in Fig. 3. 

^This is an estimate based on extrapolation of existing data 
for air. The flight conditions require a stagnation pressure 
beyond the range of existing Mollier diagrams for air. 
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The simulation techniques just discussed provide a means of test-
ing in regions where complete duplication cannot be obtained. 
However, in the case of real-gas phenomena resulting from the 
high temperatures encountered in hypersonic flight, complete 
duplication may be required. The general complexity of the ef-
fects of high temperature phenomena on the simulation of hyper-
sonic flight conditions in a wind tunnel renders any comprehen-
sive treatment beyond the scope of this report. However, some 
aspects of aerodynamic simulation will be discussed here. 

The hypersonic simulitude for inviscide flows over slender 
bodies has been treated by Tsien (Ref. k-2) and Hayes (Ref. 43) 
for an ideal gas. Cheng (Ref. 44) has extended this slender 
body similitude to include the effects of nose bluntness and 
real-gas equilibrium effects. Inclusion of the latter replaces 
the condition of constant specific heat ratio in the ideal gas 
similitude by the much more stringent condition that the free 
stream flows in the wind tunnel and in flight must have identical 
thermodynamic and chemical states, i.e., the same pressure, den-
sities, temperatures and chemical compositions. For the simplest 
case where the flight and wind tunnel bodies are geometrically 
similar and the flow is in equilibrium, the similitude allows a 
free choice of model scale. This is true for the inviscid flow 
only. The viscous boundary layer flow would require equal 
Reynolds numbers and, hence, equal scale in addition to duplica-
tion of free stream conditions. 

Cheng (Ref. 44) has also considered the extension to non-
equilibrium inviscid flows about'slender bodies. In this case, 
the free stream flow conditions must be identical and, in addi-
tion, the flow transit time over the body must be the same for 
flight and wind tunnel since the relaxation times are unchanged. 
If geometric similarity is preserved, these conditions require 
that wind tunnel and flight bodies be of equal scale. Nonequili-
brium flows about slender blunt nosed bodies have been studied 
by Bloom and Steiger (Ref. 45) and Whalen (Ref. 46). The latter 
has shown that freezing can considerably alter the pressures, 
skin friction and heat transfer at the body surface. 

For inviscid flow in blunt nose regions, the equilibrium real-
gas effects require duplication of flight stagnation enthalpy, 
and thus flight velocity, in addition to duplication of flight 
free-stream theimodynamic state and composition. In this case 
nonequilibrium aerodynamic simulation is not generally possible 
unless flight and wind tunnel bodies are of equal scale. 

For boundary layer displacement phenomena, full scale wind 
tunnel experiments are also likely to be necessary when studying 
nonequilibrium boundary layers that are particularly complex 
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from the simulation viewpoint because of the interrelated de-
pendence of chemical relaxation times, flow transient times, 
and Reynolds number on density, flow velocity, and scale. 

As indicated in Fig. 3j extremely high stagnation pressures 
are required to duplicate free stream conditions of flight at 
hypersonic speeds. If the flight density level is not achieved, 
the local gas composition and normalized thermodynamic variables 
do not duplicate the flight condition even for equilibrium flow. 
A sufficient mismatch in free stream thermodynamic state can 
cause the simulation to fail badly. An interesting illustration 
of this point is shown in Fig. 6, reproduced from Ref. 44. The 
figure shows Cheng's similitude correlations of Feldman 's calcu-
lated results (Ref. 47) for the temperature of equilibrium air 
flow about wedges at hypersonic speeds. Correlations are shown 
for two altitudes (100,000 and 250,000 ft) for which the ambient 
densities differ by a factor of the order of 200 and the ambient 
temperature by only about 14$. The difference in normalized 
temperatures behind the oblique shock wave at the two altitudes 
is seen to be substantial (about 34$) at values of the similarity 
parameter around 10. An appreciable difference (about 20$) 
also exists between the normalized densities (Ref. 44). 

In the given example the free stream density levels differ by 
several orders of magnitude, and generally a much closer match-
ing than this of tunnel and flight densities would be possible. 
Since the local normalized thermodynamic variables undergo only 
percentage changes when the density level undergoes order of 
magnitude changes, it may be anticipated that moderate mismatch 
in density levels can be tolerated for certain problems. For 
example, this would appear to be the case for surface pressures 
when governed by Newtonian flow. This is evidenced by experi-
mental studies of blunt nose pressure distributions (Ref. 4l). 
This particular behavior is not unexpected since pressure is 
governed by momentum changes. In the example of Fig. 6, the 
effect of density mismatch on the wedge pressure is almost an 
order of magnitude less than the corresponding effect on tem-
perature (Ref. 44). 

Where the phenomena of interest are very sensitive to local 
chemical and thermodynamic state, as in the case of gas radiation, 
the density is very important. In particular, the occurrence 
of nonequilibrium in the flow about a body can strongly effect 
the local thermochemical state. The complex dependence of non-
equilibrium processes in air on density and temperature renders 
any simulation at reduced scale very difficult. Even granting 
the characterization of complex air kinetics by individual and 
uncoupled species relaxation times, which is dubious as shown 
in the next section, the different density dependence of the 
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various rate processes involved still remains a major difficulty. 
Considering, for example, flow behind a normal shock wave, the 
density dependence of relaxation times for NO formation, molec-
ular vibration, and dissociation are approximately as given by 
Logan (Ref. 48). 

r
no ~ P~

l/2 r
vib ~ P~

l r
d i s s o c ~ P"

1
'
1 

Thus the flight ratio of relaxation time to a characteristic 
flow transit time can be maintained for only one relaxation 
process at other than flight density or scale. In actual fact, 
the kinetic situation is even much more complex than this since 
the relaxation times are strongly coupled. For example, those 
processes involving chain reactions (such as NO formation) do 
not scale in the same manner with pressure or density as the 
processes involving three-body collisions (such as recombination) 
except in fortuitous circumstances. In addition, electron-ion 
rate processes may also be an important consideration. 

The scaling problem is similarly complex when studying com-
bined radiative and convective heat transfer in regions where 
nonequilibrium may occur (Ref. 49). Here, not only the gas 
radiation, but also the reaction kinetics within the boundary 
layer are strongly density dependent. Several investigators 
have shown (Refs. 50 and 51) that high altitude hypersonic flight 
may lead to conditions in which the boundary layer is not in 
themochemical equilibrium. This may lead to significant re-
ductions in convective heat transfer if the boundary layer is 
essentially frozen in the presence of a noncatalytic wall. 

Another aspect of the complexity of real-gas scaling is the 
interaction of electromagnetic waves, such as used for communi-
cations, with the plasma sheath surrounding the body. Here, 
the kinetics of the ionization process and the wavelength of 
the electromagnetic radiation must be considered simultaneously 
in the scaling problem. Again, experiment and flight will not 
scale except in certain restricted cases. 

The foregoing discussion, although simplified,illustrates 
the need for as near a duplication of flight conditions as is 
possible for the study of equilibrium and nonequilibrium real-
gas flows, radiation of the hot gas in the shock layer about a 
body, combined radiative and convective heat transfer and in-
teraction of electromagnetic radiation with an ionized shock 
layer. As these problems increase in importance with the de-
velopment of sophisticated hypersonic vehicles, it becomes in-
creasingly difficult to interpret small scale experiments. It 
is also clear that additional similitude studies of basic aero-
physical- chemical phenomena could be valuable in delineating and 
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extending the range of useful simulation in hypersonic tunnels. 

Apart from the difficulty of employing full scale models, the 
problem of attaining the flight density or pressure level severely 
limits the application of most hypersonic wind tunnels in study-
ing the phenomena discussed. The extremely high stagnation pres-
sures required to duplicate flight conditions (Fig. 3) can be ob-
tained more readily in a short duration facility such as a shock 
tunnel or an electric-arc discharge tunnel (Ref. 52) than in any 
other type of wind tunnel. 

An additional complexity is brought into the simulation prob-
lem if the nozzle flow is not in thermodynamic and chemical 
equilibrium. If significant chemical freezing occurs, the dup-
lication of flight conditions cannot be attained. The occurrence 
of freezing or chemical nonequilibrium in nozzle flows and the 
resulting effects on the test section conditions will be dis-
cussed in the next section. 

NONEQUILIBRIUM PHENOMENA IN HYPERSONIC NOZZLE FLOWS 

At tunnel stagnation enthalpies required to duplicate hyper-
sonic flight conditions, significant excitation of molecular 
vibration, dissociation, electronic states and ionization exists. 
Unlike translation and rotation, these modes of energy storage 
generally require large numbers of collisions to equilibrate to 
sudden changes of themodynamic state. In the expansion of high 
enthalpy air in a supersonic nozzle, where state changes are 
generally very rapid, it is possible that collision frequencies 
can be insufficient to maintain such modes in local thermo-
chemical equilibrium. In this event, the state of the air after 
nozzle expansion to hypersonic speeds from a high enthalpy level 
can be very different from the equilibrium state desired for 
duplication of flight conditions, with respect to thermodynamic 
and gasdynamic variables as well as detailed chemical composition. 
In particular, if energy modes containing a significant fraction 
of the total enthalpy are frozen out during expansion, the test 
flow temperature and pressure can be drastically reduced below 
the corresponding equilibrium values desired. 

The possible effects of such nonequilibrium phenomena on high 
enthalpy tunnel performance represent a serious problem consider-
ing duplication of equilibrium and free stream flight conditions. 
The potential importance of this problem has long been appreci-
ated, but it has been seriously considered only recently with 
the development of high enthalpy tunnels. Present understanding 
of the problem rests almost entirely on theoretical or numerical 
studies done over the past two or three years. These numerical 
studies have largely employed chemical-kinetic rate data obtained 
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from shock tube experiments at high temperatures. As yet, com-
prehensive experimental studies of nonequilibrium expanding air 
flows have not been reported, although such studies are needed. 

The results obtained from theoretical and numerical studies 
will be reviewed here with emphasis on recent work undertaken 
at CAL. Although these results provide valuable insight into 
the nonequilibrium problem, they are theoretical only. The 
specific physical-chemical models assumed are idealized and 
simplified respecting real air flow situations of interest. 
For example, the possible important effects of impurities which 
may be present are not considered. It is apparent that with 
the existing state of knowledge, nonequilibrium effects in any 
specific wind tunnel must ultimately be determined by experi-
mental measurement. 

Nonequilibrium Regimes 

A useful indication of the nonequilibrium rate processes im-
portant for the gross thermodynamic and gasdynamic behavior is 
obtained by considering the important internal energy modes of 
the equilibrium reservoir air prior to expansion. The range of 
tunnel stagnation conditions of present interest is roughly 
from 2000 to 10,000 Κ in temperature and from 10 to 1000 atm 
in pressure. The higher part of this pressure range, say above 
50 to 100 atm, is of somewhat greater interest because of the 
suppression of nonequilibrium effects at high pressures. For 
the indicated range of conditions, the detailed chemical com-
position and other properties of equilibrium air are available 
from several reports(Refs. 53 and 5*0· 

For sufficiently low temperatures, molecular dissociation is 
unimportant and molecular vibration of oxygen and nitrogen con-
stitutes the only internal energy sink to be considered. At a 
temperature of 2000 K, the total vibrational energy of equilibrium 
air is about 0 .11 Η at 100-atm pressure, where Η is the enthalpy. 
Above 2000 K, the vibrational energy increases only slightly and 
does not exceed about 0.13 Η (at 100 atm) before dropping at high 
temperatures when significant dissociation of nitrogen sets in. 
By comparison, the total chemical energy involved in the dissocia-
tion of oxygen and nitrogen and in nitric oxide formation, is only 
about 0.01 Η at 2000 Κ and 100-atm pressure. Above 2000 K, the 
total chemical energy increases rapidly with temperature due to 
the dissociation of oxygen, initially, and then nitrogen. At 
4000 Κ and 100 atm, the total chemical and vibrational energies 
are about equal at 0.13 H. Above 4000 Κ the chemical energy be-
comes dominant, exceeding 0.50 Η beyond about 9000 Κ at 100 atm. 
The foregoing trends are illustrated in Fig. 7* "which shows the 
detailed internal energy distribution in equilibrium air at 100 
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and 1000 atm for temperatures from 4500 to 8000 K. 

The temperature below which the chemical energy of air is 
small compared with the vibrational energy increases with in-
creasing pressure. At 100 atm this temperature lies in the 
range from 2000 to 2500 K. To date, little attention has been 
given to vibrational nonequilibrium in this relatively low 
temperature region where chemical effects are unimportant. This 
is due, in part, to the inherent greater interest in substantial-
ly higher temperatures as well as to the supposition that the 
maximum thermodynamic effects of vibrational nonequilibrium are 
quite limited because the maximum energy involved is only about 
11$ or less of the total enthalpy. However, it may be noted 
that if vibrational energy equal to 11$ of the total enthalpy 
is assumed to be frozen out, the effects are not exactly negli-
gible for expansion to hypersonic Mach numbers. For example, 
at 2000 Κ the complete freezing of all vibration for expansion 
to a Mach number of about 12 reduces the stream pressure and 
temperature below equilibrium values by about 15 and 20$, re-
spectively, and increases the effective Mach number by about 6$. 
These effects suggest that some consideration need be given to 
possible vibrational nonequilibrium in this regime, particularly 
at lower pressures, since the collision frequency is proportional 
to density. 

The extensive work of Montroll and Shuler on the relaxation 
of various diatomic oscillator models (Ref. 55) provides a suit-
able basis for the calculation of finite-rate vibrational effects 
without dissociation. An important result of their work is the 
finding that during any relaxation process the distribution of 
oscillator vibrational energy remains Boltzmann-like if it is 
initially so, provided the collisional transition probabilities 
are those of Landau and Teller (Ref. 56). To date, no com-
prehensive experimental studies bearing on vibrational non-
equilibrium in nozzle air flows have been reported; the only 
experimental work appears to be that of Ref. 57· This work 
involved measurement by sodium line reversal of the air stagna-
tion temperature on a blunt body located in the test section of 
a hypersonic gun tunnel. For the relatively low stagnation 
temperature of about 1500 Κ and a stagnation pressure of 2500 
psia, the results obtained suggest the possibility of substan-
tial vibrational freezing in the nozzle expansion. 

Above stagnation temperatures of about 4000 Κ the total 
chemical energy becomes so large, as previously indicated, that 
chemical nonequilibrium becomes the primary consideration, of 
the nozzle-flow thermodynamics. Vibrational nonequilibrium is 
likely to be of secondary importance in this higher tempera-
ture range, although the coupled effects of vibrational lag on 
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the chemical rate processes involved could he significant. Such 
coupling has not been included in nozzle-flow studies to date. 

Ionization rate processes are also unimportant concerning 
nozzle air flow thermochemistry, at least for the present range 
of nozzle stagnation conditions. For these conditions, the 
electron and ion concentrations are very small compared with 
concentrations of the important neutral species. Relative to 
the total chemical energy, the total energy involved in equili-
brium ionization of air remains very small to temperatures well 
beyond 10,000 Κ for pressures above 10 atm. Calculations of 
the nonequilibrium flow behind strong shock waves in air, car-
ried out by Duff and Davidson (Ref. 58) and more recently at 
CAL, show the ionization kinetics to have negligible influence 
on the kinetics of the important neutral species in the present 
temperature range. It is reasonable, therefore, to neglect 
ionization phenomena completely in considering chemical non-
equilibrium in nozzle air flows. 

Chemical Nonequilibrium 

The critical aspect of the chemical nonequilibrium problem 
is the degree to which oxygen and nitrogen atoms re combine and 
maintain equilibrium dissociation as the dissociated air expands 
in the nozzle. The energy involved in dissociation is so large 
that a lag in atom recombination can produce substantial effects 
on the flow themodynamics. As illustrated in Fig. 7, oxygen 
dissociation is the principal energy sink at lower temperatures, 
but nitrogen dissociation eventually dominates at high tempera-
tures. The degree of atom recombination attained in the nozzle 
expansion depends on the chemical kinetic rate processes involved 
and on the nozzle geometry. 

The chemical kinetics of high temperature air containing dis-
sociated oxygen and nitrogen is complicated by the formation of 
small but kinetically significant amounts of nitric oxide. 
Many authors (Ref. 59) have considered this problem with the 
object of reducing to a minimum the number of reactions needed 
to provide realistic kinetics of the important neutral species. 
There is some measure of general agreement that the coupled re-
actions 

d) 

N 2 + M »: 2N + M ( 2 ) 

NO + Μ ·*~ί" Ν + Ο + M ( 3 ) 
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0 2 + N ^ . N O + Ο (4) 

N 2 + + Ν (5) 

are of basic importance in the present temperature range. This 
is supported by theoretical and experimental studies (Refs. 58 
and 60) of the kinetics of high temperature air flows produced 
behind strong shock waves. 

Reactions 1-3, where M is any colliding body, provide atom 
recombination by three-body collisions. The kinetics of pure 
dissociated oxygen or nitrogen flows, for example, are governed 
by reactions 1 or 2 alone. The bimolecular reactions 4 and 5> 
the so-called nitric-oxide shuffle reactions, involve two-body 
collision processes only. Their significance lies in the fact 
that commonly such two-body reactions are very fast compared 
with the three-body recombination reactions of 1-3 (Ref. 6 l ) . 

The system of reactions 1-5 leads to a set of coupled dif-
ferential equations expressing the rates of change of species 
concentrations as sums of products of concentrations and tem-
perature-dependent reaction rate coefficients (Ref. 62). The 
latter are usually not well known; the determination of such 
coefficients is a major concern of chemical kinetics. For 
reactions 1-5/ however, sufficient basic experimental data are 
available to provide values, or at least estimates, for the 
rate coefficients involved. 

Calculation of the nozzle expansion of dissociated air thus 
entails solving a coupled system of differential rate equations 
simultaneously with the appropriate gas dynamics equations for 
specified reservoir conditions and nozzle geometry. In general, 
the chemical rate equations are nonlinear and the analytic prob-
lem is intractable even for the simplest gas dynamics of pseudo 
one-dimensional and inviscid flow. Resort must, therefore, be 
made to numerical methods. However, numerical solution for 
multiple reactions is difficult even with high speed computing 
machines. Difficulties arise because of singularities in the 
rate equations at the equilibrium reservoir conditions from 
which forward integration must be started, and because the noz-
zle mass flow is unknown. Partly as a consequence of the com-
putational difficulties, most numerical studies to date of non-
equilibrium nozzle flows have been confined to the simplest 
chemistry of a pure dissociating diatomic gas, with or without 
inert diluents (Refs. 63-69). In this case, only a single 
chemical rate equation is involved. Recently, an IBM 704 com-
puter program has been developed at CAL for handling the multiple-
reaction problem in expanding flows. Before discussing recent 
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applications of this program to nozzle airflows (Ref. 7 0 ) , a 
review is given of earlier studies involving a single finite-
rate reaction. 

A considerable body of numerical results exists for pseudo 
one-dimensional nozzle flows with a single reaction (Refs. 63-69)· 
Bray (Ref. 67) and Hall and Russo (Ref. 68) give exact numerical 
solutions for pure dissociated oxygen flows where reaction 1 
alone determines the kinetics. These solutions show a character-
istic and important feature: the atom mass concentration is 
rapidly frozen, i.e., becomes constant downstream of the nozzle 
throat. This results from the eventual vanishing at low den-
sities of the three-body collisions required for recombination. 
In addition to exact numerical solutions, the forementioned 
authors also develop convenient approximate methods for deter-
mining the frozen level of dissociation in such flows on the 
basis of the corresponding solutions for equilibrium flow. In 
Ref. 68, these approximate methods are applied to a simplified 
kinetic model of air in which only the oxygen dissociation-
recombination kinetics of reaction 1 are considered. Here, 
species other than oxygen atoms or molecules are considered 
as inert colliders M . This approach to air is further extend-
ed in Ref. 69 to obtain results for nozzle stagnation tempera-
tures up to 60OO K, stagnation pressures from 100 to 1000 atm, 
and for a wide range of nozzle shape and scale. 

The approximate solutions for the simplified air model (Refs. 
68 and 69) exhibit the same general characteristics as the pure 
diatomic gas case. Figure 8 shows typical results for the fro-
zen degree of oxygen dissociation a f vs. a nozzle geometry 
parameter L/tan θ · Here L is the throat radius and Θ the 
asymptotic semi-angle of the hyperbolic, axisymmetric nozzle 
illustrated. Hypersonic nozzles typically have values of L/tanΘ 
of the order of 1 cm. The recombination rate coefficient and 
throat radius L occur as a product in the problem, so that the 
plot also illustrates the dependence on rate coefficient at 
fixed L. 

Figure 8 shows that substantial freezing of atomic oxygen 
occurs at high stagnation temperatures and low stagnation pres-
sures. The frozen level of dissociation decreases markedly with 
decrease in temperature and increase in pressure. Increased 
pressure not only reduces the initial dissociation prior to 
expansion, but also delays the onset of freezing. This in-
fluence of pressure indicates the need for high nozzle stagna-
tion pressures in order to minimize nonequilibrium effects. 
Fortunately, this need is compatible with that for duplication 
of hypersonic flight pressure levels. Another aspect of Fig. 8 
is the influence of nozzle geometry. An increase in L/tan 0, 
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produced either by an increase in throat radius or a decrease 
in expansion angle, reduces the frozen degree of dissociation. 
However, the influence of nozzle geometry is substantially less 
than that of pressure. As to the location of freezing, for 
L/tan θ values of the order of 1 or less freezing is complete 
at area ratios less than 10 for the conditions of Fig. 8. 
Freezing occurs earlier for decreased values of L/tan 0, 
stagnation pressure, and stagnation temperature. 

The validity of these results, obtained for a simplified 
model of air which considers oxygen kinetics alone, can be 
assessed only by comparison with results for more complete 
models which include coupled reactions. In recent work at 
CAL, the IBM program previously referred to for coupled re-
actions has been applied to calculate nonequilibrium nozzle 
airflows controlled by the complete system of reactions 1-5 
over a wide range of stagnation temperature and pressure 
(Ref. 70)· The results of these calculations, which are 
given in detail in Ref. 70, show that the nitric-oxide shuffle 
reactions k and 5 can play an important role regarding the 
nitrogen atom concentration under conditions where the energy 
of dissociation of nitrogen is significant. 

In these solutions for the coupled system, the bimolecular 
reactions k and 5 depart slowly from equilibrium. The activa-
tion energies of these reactions are such that the net direc-
tion of reaction is that of removing nitrogen atoms and pro-
ducing oxygen atoms. The bimolecular reaction rates are so 
fast that reactions k and 5> rather than the three-body re-
combination reactions, control the freezing of atomic nitrogen. 
As a consequence, there is a very strong tendency for nitrogen 
atoms to remain equilibrated. Significant nitrogen freezing 
is thereby postponed to very much lower stagnation pressure 
levels than would otherwise be the case. In contrast, the 
freezing of oxygen atoms is still effectively controlled by 
three-body recombination. 

The significance of the bimolecular shuffle reactions for 
the nozzle-flow thermodynamics depends on the amount of nitrogen 
dissociation and on the pressure or density level. Appreciable 
energetic effects due to these reactions require significant 
nitrogen dissociation energy (compared with oxygen, say), and 
not too low pressures in order that the difference between 
two- and three-body collision processes be pronounced. At low 
stagnation temperatures and high stagnation pressures, for ex-
ample, in the range kOOO - 6000 Κ and 100 - 1000 atm, the energy 
of nitrogen dissociation is unimportant. Here the simplified 
model of air previously discussed (Refs. 68 and 69) gives reason-
ably good estimates for the frozen level of oxygen dissociation. 
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On the other hand, at high temperatures and very low pressures, 
for example, at 8000 Κ and below 10 atm, the energy of nitrogen 
dissociation is very large. However, here the density level is 
so low that even the bimolecular reactions are not sufficiently 
fast to prevent almost Immediate freezing of atomic nitrogen. 

Between the forenoted two extremes lies a range of inter-
mediate stagnation conditions, important for hypersonic shock 
tunnel operation, where the energy of nitrogen dissociation 
equals or exceeds that for oxygen, and where the pressure is 
sufficiently high that the shuffle reactions play a significant 
role. At these conditions, the present solutions for the coupled 
system (Ref. 70) show that the shuffle reactions prevent freez-
ing of the large amount of energy due to dissociation of nitro-
gen that would otherwise be frozen out on the basis of three-
body recombination. This is illustrated in Fig. 9, reproduced 
from Ref. 70, which gives species mass concentrations vs. noz-
zle area ratio for the exact coupled-reaction solution at a 
stagnation temperature of 8000 Κ and a stagnation pressure of 
100 atm. Here, the energy due to dissociation of nitrogen be-
fore expansion exceeds that of oxygen, being about 25$ of the 
stagnation enthalpy. It is seen from Fig. 9 that, whereas 
oxygen atoms freeze almost immediately at their reservoir con-
centration, the fast shuffle reactions delay the freezing of 
nitrogen atoms until their concentration is less than one per 
cent of the reservoir value. Thus, the bimolecular reactions 
permit the energy due to nitrogen dissociation to be fully re-
covered in the nozzle expansion, whereas with three-body re-
combination it would be almost completely frozen out. In this 
intermediate regime, the shuffle reactions are thus important 
considering nozzle-flow themodynamics and gasdynamics · Simple 
models of air which neglect these reactions in this regime can 
lead to large errors. 

The detailed results of Ref. 70 for coupled reactions verify 
the validity of previous simplified kinetic models (Refs. 68 and 
69) for airflows where the dissociation of nitrogen is energetic-
ally unimportant. In addition, these results indicate how such 
models may be extended with respect to detailed chemical com-
position (e.g., N, NO and O2) and to high temperatures where 
nitrogen dissociation is energetically important. 

Ionization Nonequilibrium 

In hypersonic flow studies concerned with electromagnetic 
phenomena, the free electron concentration in the nozzle air-
flow can be important. As previously mentioned, the energy 
stored in ionization is very small over a wide range of nozzle 
stagnation conditions for air, so that the electron-ion kinetics 
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exert negligible influence on the flow thermodynamics. This 
fact facilitates solution of the electron-ion rate problem. 
The rate equations governing electron-ion kinetics can be solved 
for a thermodynamic and gasdynamic history predetermined from 
consideration of chemical nonequilibrium alone. 

The CAL computer program, previously discussed for the nu-
merical solution of expanding flows with arbitrary coupled rate 
processes, has not yet been applied to the ionization problem. 
In lieu of exact numerical solutions, the approximate calcula-
tion methods developed for chemical nonequilibrium in nozzle 
airflows (Ref. 68) have been carried over to ionization non-
equilibrium by Eschenroeder and Daiber (Refs. 71 and 72) to 
estimate the freezing of electron mass concentration. The 
main source of electrons in high temperature air, at least up 
to 8000 K, is nitric oxide because of its low ionization po-
tential. The calculations of Ref. 71 consider only nitric 
oxide to be ionized, and assume the electron concentraction 
to be determined by the kinetics of the two reactions 

M + e ~ + N O + ^ N O + M 

e~ + N O + ^ Ν + 0 

which are believed to dominate. The first reaction is the 
classical Thomson recombination by three-body collision, ana-
logous to the three-body recombination of atoms. The second 
reaction, termed dissociative recombination, provides a two-
body collision path for recombination. Here the recombination 
energy is taken up in dissociation of the nitric oxide molecule 
and in translation of the atoms. 

For the forenoted reactions, a rate equation governing the 
electron concentration can be written. In the work of Refs. 
71 and 72, this rate equation was solved by approximate meth-
ods for nozzle airflows at stagnation temperatures of kOOO and 
8000 Κ and stagnation pressures of 100 and 1000 atm. The local 
thermodynamic and gasdynamic state of the flow was taken to be 
that for chemical equilibrium, and the electron and gas trans-
lational temperatures were assumed equal. Calculations were 
made of the initial departure from electron equilibrium and 
of the electron mass concentration frozen out for a wide range 
of axisymmetric, hyperbolic nozzle geometries (Ref. 72) . 

The results of these calculations for airflow ionization 
nonequilibrium show electron freezing to occur in a manner 
qualitatively similar to atom freezing in the case of chemical 
nonequilibrium. The electron mass concentration freezes out 
relatively quickly in the nozzle expansion. In general, electron 
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freezing precedes any significant departure from chemical equili-
brium. As -with chemical nonequilibrium, increased pressure and 
nozzle scale and decreased temperature reduce nonequilibrium ef-
fects. With ionization, the difference between two-body (dis-
sociative) and three-body recombination is not nearly as marked 
as in the chemical case. This is because inelastic energy trans-
fer between the electron and the NO ion substantially increases 
the effectiveness of three-body recombination. Also, the effect 
of nozzle scale is much more pronounced in the case of electron 
freezing. 

On the basis of the results for electron freezing, Ref. 72 
gives calculated electron densities for the test airflow of a 
hypersonic shock tunnel. Over a wide range of tunnel scale and 
stagnation conditions, the test-section electron density has 
rather limited variation. Attenuation of electromagnetic radia-
tion by the test flow was also considered. Calculated results 
here show that waves of frequencies greater than about 1 KMC 
are essentially unattenuated for unseeded airflow over a wide 
range of tunnel conditions. 

Effects of Free Stream Nonequilibrium on Hypersonic Testing 

The foregoing sections have considered various regimes and 
aspects of the general problem of nonequilibrium airflow in 
hypersonic nozzles. Recent calculation studies, as those dis-
cussed for coupled chemical reactions (Ref. 70), provide a 
sounder basis than hitherto attained for considering the import-
ant question which remains. This question, of course, is that 
of the importance of nonequilibrium in the ambient hypersonic 
airflow to the duplication or simulation of local flow fields 
generated about hypersonic bodies in flight through an equili-
brium atmosphere. 

Nonequilibrium in the free stream will affect both the detail-
ed chemical composition and the gross aero-thermodynamic char-
acteristics of the body flow-field. Considering aerodynamic 
effects first, it is useful to look at the quantitative depart-
ures from equilibrium in the thermodynamic variables of the hy-
personic test airflow on the basis of the solutions for coupled 
reactions of Ref. 70. Table 2, reproduced from Ref. 70, lists 
the ratios of actual to equilibrium values of the thermodynamic 
and gasdynamic test section variables for air expansions from 
6000 and 8000 Κ at nozzle stagnation pressures of 100 and 1000 
atm. The nozzle geometry is hyperbolic axisymmetric with L/ 
tan 0 = 1 cm. At each set of stagnation conditions, the area 
ratio of the expansion is that giving an equilibrium Mach number 
of 20. It may be noted that the tabulated ratios are only 
weakly dependent on the expansion ratio, so that the results are 
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representative of an appreciable range of equilibrium test Mach 
number. 

Although the nitric-oxide shuffle reactions essentially eli-
minate the problem of nitrogen freezing except at very low stag-
nation pressures, they have essentially no effect on oxygen 
freezing and this problem still remains. The chemical energy 
frozen out, H F, is seen from Table 2 to be a substantial part 
of the total enthalpy H 0 at high temperatures and low pressures. 
Essentially all of H F is frozen dissociation energy of oxygen; 
that of nitrogen is negligible. As a consequence of freezing, 
the flow temperature and pressure are drastically reduced below 
equilibrium values. Effects on flow density and velocity, which 
are increased and decreased respectively by nonequilibrium, are 
substantially smaller than on temperature and pressure. As a 
result of the large reduction of temperature, the test flow 
Mach number defined by 

and in particular the test flow Reynolds number, are greatly 
increased over the equilibrium values. 

The previous remarks on the significant advantage of opera-
tion at high pressure levels in order to suppress nonequilibrium 
effects are further emphasized by Table 2. At 1000-atm stagna-
tion pressure, nonequilibrium effects are greatly reduced com-
pared with those at 100 atm. 

The effects of free stream nonequilibrium on the aerodynamics 
of the body flow field have received some consideration in Ref. 
67 for the stagnation region of blunt bodies in pure oxygen 
flows. Here, numerical calculations were carried out for the 
equilibrium stagnation point flow on a blunt body over a wide 
range of oxygen freezing in the free stream. The results in-
dicate relatively limited effects on the equilibrium stagnation 
point quantities. Even for complete freezing giving H F/H 0 of 
the order of O.60, stagnation point heat transfer, pressure 
and density are reduced by only about 20 to 25$ from values 
for an equilibrium free stream. Shock wave standoff distance 
and shape, however, are more strongly affected. Because of 
the density increase in the free stream and the consequent 
density decrease behind the bow shock compared with equilibrium-
flow values, the density ratio across the shock can be affected 
appreciably. For complete equilibrium behind the shock, the 
standoff distance is thereby increased as compared to that for 
an equilibrium free stream. Far from the body where the shock 
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wave is weak, the shock angle is reduced from equilibrium free 
stream values because of the increase in effective stream Mach 
number. 

In hypersonic airflows, the aerodynamic effects of free 
stream nonequilibrium on equilibrium stagnation point flows 
may also be expected to be relatively small. For hypersonic 
conditions the stagnation pressure pj behind a normal shock 
wave is approximately p^ , regardless of real-gas phenom-
ena. The product p^ is little affected by nozzle-flow 
nonequilibrium. Thus the free stream nonequilibrium effect 
on pitot pressure is essentially that on stream velocity · 
Reference to Table 2 shows that nonequilibrium effects on 
are quite small, less than about 10$ for all conditions tab-
ulated. For large expansions where the stream temperature is 
very low, the departures from equilibrium are given approximately 
*y 

P°' " P oEQ ^ U - UEQ 1 % 

p ; E Q

 UEQ 2 «o 

assuming % / H 0 is small. The equilibrium stagnation state is 
determined by any two thermodynamic quantities, in particular 
by H 0 and p^ · Since H 0 is fixed for an adiabatic flow, and 
since free stream nonequilibrium effects on p^ are small, the 
equilibrium stagnation state, in general, cannot be greatly 
affected by departures from free stream equilibrium. Assuming 
local equilibrium flow to prevail, the conclusion given here 
can be extended to include the surface flow a short distance 
away from the stagnation point on the basis of Newtonian flow 
concepts· 

With the recent development of techniques for calculating 
the flow about bodies involving coupled chemistry, the effects 
of free stream nonequilibrium on the body flow field can be 
examined in detail. These effects can be substantial, partic-
ularly for chemical composition, where nonequilibrium processes 
are important behind the body shock wave. This is illustrated 
by recent calculations done at CAL of nonequilibrium airflow 
about a blunt nose. Typical results for the temperature and 
chemical composition in the nonequilibrium shock layer are 
shown in Figs. 10 and 11 for both equilibrium and nonequili-
brium test flows at nozzle reservoir conditions of 6000 Κ and 
100 atm pressure. The inviscid body flow field in this example 
was calculated by the inverse method assuming a catenary shock 
shape with a shock radius of 15 cm at the axis (Ref. 73) . The 
chemical kinetic model of the air included the coupled reactions 
previously discussed as well as coupled ionization reations. 
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Vibrational equilibrium was assumed. 

Figure 10 shows that the nonequilibrium temperature field of 
the shock layer is substantially affected by the free stream 
nonequilibrium. With frozen dissociation ahead of the shock, 
the translational temperature level through the entire shock 
layer is considerably reduced below that for equilibrium nozzle 
flow, particularly close to the shock front. This behavior re-
sults because of the appreciable energy frozen in dissociation 
ahead of the shock (about 15$ of the total enthalpy, Table 2) 
and the finite rate of equilibrium behind the shock. Figure 11 
shows the corresponding concentrations of atomic oxygen and 
nitric oxide. These concentrations are greatly increased over 
most of the shock layer as a consequence of freezing of the 
nozzle flow. 

The foregoing example concerns the nose region of a blunt 
body. However, appreciable effects due to test flow nonequili-
brium can also be expected for afterbody flows on blunted slender 
bodies when nonequilibrium processes are important behind the 
body shock wave. In this case the outer streamlines of the 
body flow, along which fluid particles do not decelerate ap-
preciably, could be characterized by a much greater frozen 
energy of dissociation than for equilibrium test flow. Ac-
cordingly, local temperatures and pressures could be consid-
erably reduced in addition to the local chemical composition 
being substantially changed. Studies of such effects are im-
portant, particularly for consideration of radiation and ioniza-
tion phenomena. 

FUTURE DEVELOPMENTS OF THE SHOCK TUNNEL 

In the previous sections the state of the art with respect 
to shock tunnel operation has been reviewed. The shock tunnel 
in its present form is being extensively utilized to study 
problems of hypersonic flight. The technical problems associ-
ated with its use have largely been solved, and constant im-
provements in operating techniques are being made. However, 
further development of the shock tunnel should be considered 
particularly in relationship to future prospects for hypersonic 
flight. 

The present reality of hypersonic flight is exemplified by 
the re-entry of ballistic missile nose cones. However, the 
problems of the future are related to manned, recoverable hy-
personic vehicles. Although the plunging re-entry of the bal-
listic vehicle carries it to hypersonic Mach numbers at low 
altitudes, the permissible maximum decelerations require that 
the re-entry path of a manned vehicle be at a glancing angle 
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with respect to the atmosphere. Hence these manned vehicles 
will experience high Mach number hypersonic flight at extremely 
high altitudes for relatively extended periods. The variety 
of modes of re-entry (Refs. 7^-76) which have been suggested 
make it difficult to define the corridor of flight rigorously. 
These vehicles combine various forms of heat sinks or shields 
with the use of lift in varying degrees to control the re-entry 
trajectory. However, the glancing re-entry trajectory, which 
is always employed, indicates a flight Mach number region of 
interest between 15 and 25 and an altitude zone starting at 
approximately 150,000 ft and extending to 300,000 ft. It is 
within this zone that vehicles will experience their critical 
heating and aerodynamic effects. 

Re-entry vehicles of the future will also have requirements 
which are not dictated by the problem of survival. Indeed, the 
re-entry path may often be compromised by requirements of mis-
sion rather than requirements of structures. For example, a 
vehicle designed for reconnaissance over the electromagnetic 
spectrum must select a trajectory such that the interaction 
of electromagnetic waves with the plasma sheath will not ad-
versely affect observation. Also, a vehicle designed to uli-
lize advanced command and guidance techniques cannot operate 
in a zone which will lead to communications blackout. 

In previous sections, the limitations of scaling with respect 
to many important hypersonic phenomena have been indicated. It 
appears that in many cases duplication of ambient flow conditions 
with full scale is necessary. With duplication, the problems 
dealing with Mach number, Reynolds number and real-gas effects, 
along with the interaction of electromagnetic radiation with the 
plasma sheath can be studied simultaneously or separately as 
desired. 

This discussion of future re-entry flight provides background 
for further development of the shock tunnel. In the following 
the requirements for duplication of flight conditions will be 
discussed and compared with the potentialities of the shock tun-
nel. In particular, the form of future shock tunnels will be 
discussed. Requirements of stagnation pressure and temperature, 
scale of facility and testing time will be outlined. 

Stagnation Pressure Requirements 

Examination of Fig. 3 shows the stagnation pressures and 
temperatures required to duplicate velocity, Mach number and 
altitude by equilibrium expansion in a hypersonic nozzle. This 
graph applies to any facility achieving duplication by direct 
expansion. As pointed out in the earlier section on nonequilibrium 
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nozzle flows, operation at pressures in the order of 1000 atm 
is mandatory if the effects of nonequilibrium are to be mini-
mized. However, it can be seen that duplication in the high 
altitude, high Mach number region of flight requires tunnel 
stagnation pressures on the order of tens of thousands of at-
mospheres. Thus duplication creates pressure requirements be-
yond those of nonequilibrium. 

At the present time the design capability of the CAL 6-ft 
shock tunnel is 2000 atm. Doubling this pressure level by ex-
isting techniques is certainly feasible. However, to operate 
at still higher pressures will require new techniques. For ex-
ample, techniques similar to those presently being used in 
light gas guns might be employed (Ref. 77)· In such cases 
amplification of driver gas pressure would be obtained by the 
interia of a rapidly moving piston. In addition, more sophisti-
cated techniques such as employed in the buffer type of shock 
tube (Refs. 36-38) can be further exploited. Such techniques 
appear promising, but they have not yet been developed, and 
the shock tunnels of the near future will probably be limited 
to pressures below 10,000 atm. 

The high pressure levels required for duplication of flight 
conditions and suppression of nonequilibrium effects also prove 
advantageous in minimizing nozzle boundary layer development. 
Hypersonic nozzles operating in the low density region tend to 
have extremely thick boundary layers (Ref. 78)· This thickening 
of the boundary layer limited the maximum Mach number which 
could be obtained in the 11 χ 15-in. nozzle of the shock tunnel. 
The effective expansion ratio of this nozzle was found to be 
approximately one-half the geometric ratio at a Mach number of 
12 and at stagnation pressures of about 700 atm; it decreased 
rapidly at lower pressures. On the other hand, with the 24-in. 
conical nozzle the effective area ratio at Mach l6 is about 
two-thirds the geometrical area ratio at a stagnation pressure 
of about 150 atm. These results are in fair agreement with 
predictions of the empirical relationship presented by Lee in 
Ref. 79· The difference in boundary layer effects between the 
two nozzles is attributed to the axisymmetrical conical shape 
of the 24-in. nozzle as contrasted with the two-dimensional 
expansion nozzle used in the 11 χ 15-in. tunnel. Two-dimen-
sional nozzles are known to have more rapid boundary layer 
buildup than axisymmetric nozzles. 

In order to estimate the effect of this boundary layer prob-
lem on future facilities, calculations of the boundary layer 
displacement thickness have been made using the results of Lee. 
The results, presented in Fig. 12 , show the relative effect of 
stagnation pressure, Mach number and nozzle size. It can be 
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seen that at high Mach numbers, high stagnation pressures reduce 
the nozzle boundary layer to manageable proportions. Nozzle 
boundary layer data is difficult to apply in general since the 
particular configuration (i.e., technique of contouring, nozzle 
back pressures, etc) of each facility has a significant effect. 
It is felt that the results of Fig. 12 do indicate that the high 
stagnation pressures required for duplication are also necessary 
to obtain large cores of uniform hypersonic flow in the nozzle. 

In addition to the beneficial effects on nonequilibrium and 
nozzle boundary layer phenomena, high pressure operation can be 
expected to alleviate certain shock tube problems, such as in-
terface mixing, reflected-shock boundary layer interaction and 
shock wave attenuation. Several investigators have shown (Refs. 
80-82) that there is a severe decrease of flow duration in shock 
tubes operating at very low pressures. This has been attributed 
to low speed gas in the boundary layer "leaking" past the inter-
face. Roshko (Ref. 82) has snown that this effect decreases 
with increasing initial pressure ahead of the shock. The in-
teraction of the reflected shock wave and the shock-tube wall 
boundary layer has been studied by Mark (Ref. 83) and Byron and 
Rott (Ref. 8 4 ) , who have shown that large effects can result. 
Again, however, increasing the pressure level markedly decreases 
these effects. Last, attenuation of the shock wave as it travels 
down the tube has been the subject of theoretical (Refs. 85-88) 
and experimental (Refs. 17 , 21 , 89-91) studies. Being a viscous 
phenomenon, this has also been found to be pressure dependent 
and to decrease as the overall pressure level is raised. Thus 
operating shock tubes at the high pressures necessary to obtain 
flight duplication nearly eliminates the viscous problems as-
sociated with shock tube flow. 

Stagnation Temperature Requirements 

In the section relating to simulation capabilities, it was 
shown that stagnation enthalpy duplication was required for 
velocity duplication. In a tailored-interface shock tunnel, 
room temperature helium as a driver gas provides a stagnation 
enthalpy corresponding to an air stagnation temperature of 
2000 Κ and a velocity of 6900 fps. Using helium heated to 
about 1000 Κ or room temperature hydrogen provides a stagna-
tion temperature of approximately 4000 Κ in air, yielding a 
velocity of 10,500 fps. With the development of the high 
pressure heated-hydrogen driver^ recently installed at CAL, 

l̂ The present heated-hydrogen driver consists of a high 
strength alloy steel tube with a stainless steel inner liner 
to protect the tube from attack by the hydrogen. The driver 
and liner are surrounded by heating units, so that the entire 
driver may be heated without the introduction of thermal stress. 
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hydrogen temperatures of up to 750 F are presently available, 
yielding a stagnation temperature in the range from 6000 to 
8OOO Κ and a velocity of 17,000 fps. The efficiency of this 
heated hydrogen driver compares very favorably with the best 
performance obtainable from combustion drivers. Of course, 
considerably higher temperatures can be obtained by operating 
the shock tube nontailored, either as a conventional reflected 
or nonreflected type of shock tunnel. However, the loss in 
performance due to attenuation and the loss of pressure when 
operating nontailored severely limits the performance possibi-
lities. 

With the stipulated requirement that the conditions of hy-
personic flight are to be duplicated, higher velocities are 
desired. It is anticipated that the performance of the heated-
hydrogen driver can be extended to obtain maximum temperatures 
of around 1000 F corresponding to a stagnation temperature 
range from about 8000 to 10,000 Κ with a velocity of approxi-
mately 20,000 fps. Further increases in stagnation tempera-
ture would then require further shock-tube development. For 
example, the possibility of utilizing the equilibriums-interface 
technique (Ref. 6) has been discussed in the section on shock 
tunnel simulation capabilities. The practical operating limita-
tions involved have not yet been seriously explored; howevever, 
it is anticipated that some increase in stagnation temperature 
may possibly be obtained by utilizing this technique. In addi-
tion, the technique of the buffer shock tube has been suggested 
as a method for preheating a driver for tailored-interface op-
eration (Ref. 36) · The development of this type of shock tube 
is still in a preliminary stage (Ref. 38). The utilization of 
electrical heating techniques to suddenly heat the driver gas 
in a manner similar to that of the hotshot-type tunnel has been 
considered. However, estimates indicate that a large amount 
of electrical energy storage capacity is necessary. An addi-
tional example is the pressure amplification scheme utilizing 
piston compression suggested in the discussion of pressure re-
quirements. This would also serve as a technique of heating 
hydrogen beyond the 1000 F temperature limit. Nonetheless, 
it appears that the shock tunnels of the immediate future will 
be limited to stagnation temperatures in the range 8000 to 
10,000 Κ with a corresponding velocity of approximately 20,000 
fps. 

Tunnel Scale 

The limitations of scaling with respect to important hyper-
sonic phenomena have been indicated in previous sections. In 
view of the objective of the duplication of flight conditions 
within the laboratory, it appears that only full scale testing 
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can completely satisfy these requirements. Hence, studies have 
been carried out at CAL to explore the size limitations of hy-
personic shock tunnels. These design studies indicate that 
nozzle diameters up to 50 ft are well within the capabilities 
of existing technology. Thus, it is now appropriate to con-
sider full scale testing within the laboratory under conditions 
closely duplicating re-entry flight. When the cost of a flight 
test program is considered, the cost of such a shock tunnel is 
relatively small. Such a facility serves as a useful and com-
plementary adjunct to flight test. Indeed, the relative flexi-
bility possible with instrumentation allows studies involving 
subtle delineations of flight phenomena which can be carried 
out with greater precision and certainty in the laboratory. 
However, such a facility does not completely replace flight 
test, since in the final analysis the composite integrity of 
any system must be proved in the field. The use of a large 
scale shock tunnel would serve to aid in the planning of flight 
programs, to limit the number of firings required to those in-
volving critical design features, and to aid in interpreting 
the results of such tests. 

Design studies carried out at CAL have shown that small 
diameter shock tubes can provide sufficient mass flow to supply 
large scale nozzles. For example, the 3-in. inner diam shock 
tube now in use can supply a 6-ft diam hypersonic nozzle for 
Mach numbers greater than 15 , and the 8-in. diam shock tube 
used with the 48-in. shock tunnel could supply at least a 20-ft 
diam nozzle. 

Full scale shock tunnels would seem to require a monumental 
facilities efforts, but it must be remembered that the inherent 
simplicity of a shock tunnel is not appreciably affected by 
scale. The ability of the shock tube to supply the power re-
quired for the brief period of testing is beyond the capability 
of any continuous tunnel. Since continuous pumping is not re-
quired, relatively small scale vacuum and high pressure pumping 
equipment are satisfactory. 

Much of the technology of such large scale shock tunnels has 
already been developed. For example, at the present time dia-
phragms for the 8-in. diam shock tube have been developed to 
withstand pressures of about 500 atm, and the development of 
single diaphragms to withstand even higher pressures does not 
seem difficult. However, the technique of multiple-diaphragm 
operation has been generally adopted at CAL. In this technique 
the pressure load on the diaphragms can be divided equally be-
tween diaphragms by adjustment of the intermediate pressure^ 
and the diaphragms are burst by relieving the imtermediate 
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pressure. Hence, multiple diaphragms make it possible to obtain 
controlled diaphragm rupture at any pressure desired for a full 
scale tunnel. The fabrication of relatively large (up to 15 or 
l6-in.)diam tubes to withstand high pressure is an engineering 
art which has been developed over the previous few centuries. 

The limitations of scaling have been introduced as the chief 
argument for full scale shock tunnels, but additional advantages 
also can be anticipated. It has been pointed out that high 
pressure operation is an important factor in suppressing nozzle 
nonequilibrium phenomena. However, increased scale is also 
helpful in this respect, particularly at high temperatures. 
Although pressure plays a dominant role in minimizing nozzle 
boundary layer buildup, Fig. 12 indicates that increasing noz-
zle scale is also favorable in reducing boundary layer effects. 
In additon, relatively large scale models generally simplify 
the problems of model instrumentation. 

Testing Time Requirements 

The testing time of a shock tunnel need be no longer than 
that required for flow establishment and instrumentation response. 
As discussed in Ref. l 6 , starting and stopping times in a hyper-
sonic nozzle are very brief, and the theory of Ref. l6 has proven 
adequate for engineering estimates. For example, the testing 
time loss associated with nozzle starting and stopping is less 
than a millisecond for all CAL shock tunnels. In practice, the 
techniques of instrumentation determine the minimum duration of 
the steady flow. These testing time requirements have been dis-
cussed in the section relating to instrumentation. They vary 
from a few microseconds in the case of the thin film, heat trans-
fer gage to the relatively long time, on the order of several 
milliseconds, required to measure dynamic forces or motion of 
a model. 

However, with the increasing performance levels of shock 
tunnels, structural heating problems are expected to limit the 
permissible testing time. For example, shock tunnels have been 
operated at pressures up to 1000 atm, and stagnation tempera-
tures of approximately k-000 Κ for testing times of 3 millisec, 
with no damage observed at the nozzle throat. However, with 
increase of stagnation temperature and pressure, damage to the 
nozzle throat could be a serious problem (Ref. 9 2 )· With the 
shorter testing times permitted by anticipated improvements in 
instrumentation response, it is felt that this problem will not 
seriously limit the capability of the shock tunnel. In addi-
tion, although special throat protection is not yet necessary, 
suitable modification of the nozzle geometry can appreciably 
increase the heat-sink capability of the throat. Thus, it is 

7 5 6 



HYPERSONIC FLOW RESEARCH 

expected that shock tunnel design will tend toward decreasing 
test durations as instrumentation is improved and performance 
levels are increased. 

As testing time is reduced, the time for establishment of 
steady flow around the model may become a consideration. Al-
though both theory and experiments show that the boundary layer 
flows within the nozzle and about models are established in 
times comparable to the starting time of the nozzle, recent 
tests indicate that flows involving upstream separation may 
require significantly longer test times for the establishment 
of steady flow. For example, experiments reported in Ref. 35 
show that a flat plate with an upstream facing step takes signi-
ficantly longer to establish steady flow than the equivalent 
simple flat plate. This establishment time was still compara-
ble to the starting time of the nozzle, but other configurations 
may exhibit longer establishment times. Shock tunnels must al-
ways be used with due discretion for flow establishment time. 

The CAL 6-ft Shock Tunnel 

The foregoing sections have outlined the requirements of 
future shock tunnels for the investigation of manned re-entry 
flight. In order to study at first hand the problems associated 
with future facilities of this type and to provide a research 
facility of increased capability, CAL undertook extensive modi-
fications to the 11 χ 15-in. shock tunnel. The driver section 
has been replaced with a heated driver of 4.75 in* inner diam 
using hydrogen up to 750 F at 30,000 psi. This driver is con-
nected to the existing 28-ft driven section. The shock tube is 
terminated in a convergent-divergent nozzle having a contoured 
two-dimensional expansion to produce a uniform flow at a Mach 
number of about 4.5 (Fig. 1 3 ) . A Prandtl-Meyer deflection 
section is installed to centrifuge particles out of the flow; 
the air is finally expanded in a conical nozzle of 15 deg half 
angle into a test section having a 6-ft diam. A photograph of 
this nozzle system is shown in Fig. l 4 . 

The performance curve for this tunnel, indicated by the 
shaded line in Fig. 5, covers a significant area of the critical 
re-entry region. It is anticipated that flow Mach numbers up 
to 25 with large inviscid flow regions will be obtainable. Thus, 
relatively large scale test models (up to one foot in diameter) 
may be utilized to explore scaling effects. Part of the conical 
section of this nozzle is fabricated with fiberglas to permit 
the study of the interaction of electromagnetic radiation with 
the plasma sheath surrounding the model. 

At the present time the shock tunnel is undergoing shakedown 
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tests and flow Mach numbers in excess of 20 have been obtained. 
It is anticipated that this tunnel will make possible laboratory 
study of the problems associated with hypersonic flight. In 
particular, the problems associated with very high altitude, 
low density flight can be examined at relatively large scale 
under flow conditions which duplicate an important area of re-
entry flight. In addition, the test program contemplated 
should supply data for the planning of future full scale shock 
tunnels which will provide complete duplication. 

CONCLUSION 

The development of the shock tunnel has proceeded rapidly 
following the success of the tailored-interface technique and 
the development of adequate instrumentation. In its present 
form the shock tunnel has far exceeded the initial estimates 
of performance. It is a useful and versatile tool for hyper-
sonic research. The continued refinement of techniques of op-
eration and instrumentation are expected to improve further its 
capabilities and convenience of operation. 

This success has encouraged studies which indicate that signi-
ficant further developments of the shock tunnel are possible. 
The CAL 11 χ 15-in. shock tunnel has been modified for higher 
performance by the addition of a heated hydrogen driver and 
6-ft diam nozzle. This tunnel should prove useful for the 
study of problems of high altitude hypersonic flight, and pro-
vide valuable data for subsequent development of full scale 
tunnels providing complete duplication of flight conditions. 
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Table 1 - Partial duplication conditions for Po=2000 atm. 

Duplicated Quantities Stagnation Conditions Section Conditions 

velocity = 21,500 fps 

Pressure = 0.07137 atm 

0 
enthalpy = 2.73 χ 10 

ft-lb/slug 

temperature - 10,000 Κ 

temperature = 2780 Κ 

density = 1.756 χ 10-5 
slugs/ft3 

Mach no.= 6.72 

velocity = 21,500 fps 

Mach no. = 22.09 

temperature = 216.7 Κ 

enthalpy = 2.335 χ 1 0 8 

ft-lb/slug 

temperature = 10,050 Κ 

pressure = 3·668 χ 10""^ 
atm 

density = I.I60 χ IO"8 

slugs/ft3 

Mach no. = 22.09 

Density = 2.256 χ 10'^ 
slugs/ft3 

enthalpy « 7.10 χ 1 0 6 

ft-lb/slug 

temperature = 650 Κ 

temperature = 6.5 Κ 

pressure = 2 . l4 χ 10~3 
atm 

velocity - 3700 fps 

unit Reynolds no: 

P„U = 4.850 
r
 00 00 / 0 

slugs/ft -sec 

= 216.7 Κ 

enthalpy = 29.03 χ 10 6 

ft-lb/slug 

temperature = 2300 Κ 

pressure = 0.2090 atm 

density = 6 .6 l l χ 10"^ 
slugs/ft3 

velocity = 733Ο fps 

Mach no. « 7.57 
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Table 2 Ratios of actual to equilibrium airflow 
variables for coupled-reaction expansions 
giving equilibrium Mach number 20. L/tan 
0=1 cm. 

6000 Κ 8000 Κ 

Po 100 atm 1000 atm 100 atm 1000 atm 

H F / H 0 0.155 0.048 0·194 Ο.Ο813 

P/PEQ 0.425 Ο.875 0.159 Ο.544 

T
/

T
E Q Ο.359 Ο.855 0.121 Ο.497 

p/pEq I.O95 1.014 1.110 1.045 

u/u E Q Ο.913 Ο.987 0.901 0.957 

M / M E Q I.455 I.06 2.3Ο I.305 

Re / R e 
X X

E Q 
2.79 I . I 7 8.25 2.01 

Fig. 1 Wave diagram for the tailored interface shock tunnel. 

749 



10 12 14 16 
SHOCK MACH NUMBER, 

Fig. 2 Testing time vs. shock Mach number. 
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Fig. 3 Tunnel stagnation pressures and stagnation temperatures 
required for flight duplication. 
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Fig. 5 Reynolds number per foot vs. Mach number. 
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DATA 
(FELDMAN) 
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0 = 

> = 

SPEED 
6^ (FT/SEC) j 

^CORRELATION FOR 
<# j 100,000 FT. STANDARD ALTITUDE 

NAVORD REPT. 1488, VOL. 1 
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2
 ATM. 

^ = 1.385 χ 10"
2
 ATM. 

Κ. - 218° Κ 
α - 974.9 FT./SEC. 

CORRELATION FOR 
250,000 FT. STANDARD ALTITUDE 
NAVORD REPT. 1488, VOL. 1 

6.865 χ 10"
5
 ATM. 

S>„ = 7.410 χ 10° ATM. 
ί I ] K . -251.5° κ 

1.050 χ 10
3
 FT./SEC. 

8 9 10 11 12 13 14 15 16 17 18 

HYPERSONIC PARAMETER ce 
oo 

Fig. 6 Correlations of the temperature ratio for equilibrium 
wedge flows of argon-free air. 
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0.25 

TEMPERATURE IN 100°K TEMPERATURE IN 100°K 

Fig. 7 Fraction of the enthalpy of equilibrium air in specified 
energy mode. 

0 0.1 0.2 0.3 0.4 0.5 

FROZEN DEGREE OF OXYGEN DISSOCIATION oC^ 

{0)+{N0)-h2{02) 

Fig. 8 Effect of stagnation temperature and pressure and nozzle 
geometry for a hyperbolic axisymmetric nozzle on the 
frozen degree of oxygen dissociation for a simplified 
air model. 
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NONEQUILIBRIUM 
NOZZLE FLOW 

T„ = 133°K 

=2.5 χ 10""atm 

Λ/ο β= 17.4 EMBODY 

EQUILIBRIUM 
NOZZLE FLOW 

7"oe= 354°K 

/%=5.9x 10"
X
atm 

Λ/^12.2 

10 Temperature distribution in nonequilibrium shock layer 
for nonequilibrium and equilibrium nozzle flow; T 0 = 
6000 K, p 0 = 100 atm, A/A* = 18,190, RShock - 15 cm. 

NONEQUILIBRIUM FREE STREAM 

EQUILIBRIUM FREE STREAM 

>BODY 

SPECIES 
CONCENTRATION 

MOLES PER 
ORIGINAL MOLE 

0.001 0.01 0.10 

NORMAL DISTANCE - y/ß$ ' 

1 1 Concentration of 0 and NO in shock layer for equilibrium 
and nonequilibrium nozzle flow; To=6000 K, po=100 atm, 
A/A* 18,190· 
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